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Abstract

To ensure successful future Mars landing missions, the
lander must be capable of detecting hazards in the land-
ing zone and maneuvering to a new and safe site. Tra-
jectory guidance and attitude commanding are formu-
lated for the terminal descent phase when the lander is
off the parachute. The autonomous six degrees-of-
freedom controls are accomplished using engines and
thrusters and guided by onboard hazard avoidance sen-
sors. The algorithms determine the available landing
zone, survey them for hazards, select the best or alter-
nate landing site based on state estimates and available
propellant, then maneuver the lander to land safely at
the selected site. Computer simulations have demon-
strated the satisfactory performance of the algorithms
for safe landing on Mars with assumed atmospheric en-
vironments.

Introduction

Autonomous safe landing is an important capability re-
quired to ensure mission success for future Mars land-
ing missions. Previous landers, such as the Mars Path-
finder lander, had no closed-loop sensor feedback on
hazards (e.g., surface roughness and slope) in the poten-
tial landing area. Future landing missions will target
scientifically interesting features that lie in areas much
more hazardous than those attempted by previous
landers. For these sites, hazard avoidance during land-
ing cannot rely solely on rock abundance statistics de-
rived from on-orbit observations at currently available
resolutions. In order to avoid hazards and land safely,
future landers must be capable of detecting hazards in
the landing zone, designating a safe landing site, and
maneuvering to the selected safe site. This requires
autonomous, onboard trajectory and attitude planning

and execution, with hazard detection sensors in the con-
trol loop.

A typical Mars entry vehicle consists of a lander with
payload, an aeroshell, and a parachute. During atmos-
pheric entry, the lander is contained within the
aeroshell, which protects the lander from aerodynamic
loads and heating as the vehicle enters the atmosphere
at high velocity and decelerates. When aerodynamic
loads and heating are small and the entry vehicle has
descended to an appropriate altitude, a parachute is de-
ployed to further slow the vehicle. The aeroshell is
then separated and the parachute extracts the lander
from the aeroshell. The parachute then turns the lan-
der’s flight path so that it is nearly vertical and slows
the lander to a terminal velocity of about 50 m/s. When
the lander reaches 500 to 1000 m altitude, the parachute
is released, and the lander uses its propulsion system to
perform final maneuvers and land safely on the surface
of Mars.

The autonomous guidance and control (G&C) design
under consideration for future landers consists of on-
board capabilities for the terminal descent phase of
flight, which starts once the parachute is deployed, and
ends at touchdown on the surface. During terminal de-
scent, the vehicle must determine its position, velocity,
and attitude, determine the available landing zone, gen-
erate terrain maps, survey them for hazards, select the
best landing site, and maneuver to land safely at the se-
lected site. The entire system must operate autono-
mously. The landing scenario currently being consid-
ered is shown in Figure 1.

This paper will focus on the algorithm design for the
trajectory guidance, landing area prediction, attitude

* Principal Engineer, Guidance and Control Section, Member ATAA
' Senior Engineer, Guidance and Control Section, Member AIAA
* Aerospace Engineer, Aeroscience and Flight Mechanics Division, Senior Member AIAA



‘/L Deploy supersonic chute, start Terminal Descent (10-12 km altitude, mach 2.2), 140-150 sec to touchdown '

4 \‘ , / Jettison backshell and supersonic chute (7-9 km aititude), 120-130 sec to touchdown J

ALCI’]OY subsonic chute, jettison heatshield (7-9 km altitude, mach 0.8). Deploy landing gear. 115-130 sec to touchdownJ

ey A’/‘ Sense range and velocity, generate terrain map with radar (7-9 km altitnde)

\/4

Compute landing area based on current position, velocity, and available propellant

A/ Sense range and velocity, generate terrain map with both Lidar and Radar (1.5 km altitude).
Scan landing area. Designate a safe landing site away from hazard

’_Ignite descent engines Jettison subsonic chute, (.3 -.5 km ajtitude). 15-30 sec to touchdown

/I Target a point 2-5 m directly above landing s@

Continue computing reachable landing site ellipse. Compute
& desired acceleration to achieve touchdown condition

Continue scanning landing arca with Lidar/Radar. Designate
. anew landing site, if available, to avoid hazards

& Re-profile trajectory to a new landing
Site, if designated

Descend to 2-5 m directly above landing sig

Ve

Descend with

constant deceleration Shut down

engine 1 m
above surface

Figure 1. Landing Scenario

commanding, and the six degree-of-freedom control of
the landing vehicle with proper thruster selection logic.

A discussion of the hazard detection and avoidance sys-
tem can be found in Ref. 1. The navigation system
used to estimate position, velocity, and attitude is dis-
cussed in Ref. 2. The navigation system used for ter-
minal descent is also used during the atmospheric entry
phase of flight. The guidance system used during the
entry phase is discussed in Ref. 3, and the entry control-
ler in Ref. 4.

Design Approach

The entire on-board G&C system for powered descent
consists of trajectory guidance, attitude commanding,
landing vehicle control, landing area prediction, terrain
map generation, hazard detection, landing site selection,
and lander position, velocity, and attitude estimation.
Figure 2 depicts the G&C functional block diagram.
The landing area predictor will determine the available
landing zone. The hazard detection and avoidance sys-

tem will scan the landing zone and then identify a safe
landing target. The trajectory guidance and attitude
commander will provide commands to steer the vehicle
to the selected landing target, and the position and atti-
tude controller will ensure accurate execution of those
commands.

The navigation system provides estimates of the vehi-
cle’s position, velocity, and attitude. Sensors and
actuators used for landing include laser radar (lidar),
phased-array radar, inertial measurement unit (IMU),
and descent engines and thrusters.

Trajectory Guidance Algorithms

The trajectory guidance system must provide attitude
and thrust commands to guide the lander from some ini-
tial position, velocity, and attitude, angular rate to a
specified target position, velocity, and attitude, angular
rate. The target position may be changed a number of
times during the terminal descent as hazards are de-
tected, and the guidance system must be able to adjust
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Figure 2. Guidance and Control Functions

to the new targets. In addition, the guidance system
must determine the potential landing area based on the
available propellant, and issue the command to termi-
nate parachute flight and begin the powered descent.

The guidance algorithm described here is similar to that
used for the Apollo Lunar Module,” except that modifi-
cations have been made for the specific Mars landing
requirements and to enable prediction of the available
landing zone. The guidance equations are developed in
a coordinate frame that is fixed with respect to the rotat-
ing planet surface. Thus it is assumed that the current
position and velocity vectors, as well as the target posi-
tion and velocity vectors are given in the surface-fixed
frame. The output from the trajectory guidance system
is an instantaneous acceleration vector, in the surface-
fixed frame, that must be provided by the vehicle’s con-
trol system in order to fly to the given target conditions.

Computing the Acceleration Profile

We seek an acceleration profile, a(f), that passes
through the initial state and the target state. Once this
has been found, the thrust magnitude and direction are
adjusted to produce the desired acceleration profile.
Note that target acceleration and velocity vectors con-
trol the target attitude. For example, if horizontal ve-
locities and accelerations are equal to zero, the vehicle
will be in an erect attitude. Therefore, we need to solve
a two-point boundary value problem where the bound-
ary conditions are the initial position, and velocity, ry,
vg, and the target position, velocity, and acceleration, r;,
vy, Q.

Since our target state specifies three constraints (posi-
tion, velocity, acceleration), we select a quadratic ac-
celeration profile of the form

a(t) =C,+Cit +C,t* m

where C,, C,, and C, are coefficients to be determined.
Then, by integration, it follows that the velocity and po-
sition are given by

W) =C,t +%Clt2 +§C2t3 +V,, )

1 1 1
r(t) =5C0t2 +—6-—C1t3 +EC2t" +vt+r,.  (3)

Let #,, denote the time elapsed in traveling from our
current state to the target state. We can then use equa-
tions (1), (2), and (3) to write

a,=Cy+Cit,, +Cyt}, “
1 1
vt =Cotg0+5C1t;0+§C2t;a+voa (5)
1 . 1 3 1 4
Fp= ECOtgo +gcltgo +Ecztg” +v0tg0 LY (6)

which can be solved to provide the desired coefficients
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With these coefficients, the vehicle’s position, velocity,
and acceleration as a function of time are now deter-
mined for one axis. The process is carried out for each
coordinate axis (two horizontal, one vertical) to obtain
the position, velocity, and acceleration vectors. Note
that we must subtract the acceleration vector due to
gravity from the total desired acceleration to get the ac-
celeration vector that must be provided by the vehicle’s
thrust.

We recompute Cp, Cy, and C, each guidance cycle, re-
ducing ¢,, as we approach the target. Note that we must
divide by powers of ¢, in (7), (8), and (9). This pre-
sents a problem as the vehicle approaches the target
state and the transfer time approaches zero.

The solution to this problem is to not recompute Cy, C,
and C; when £, gets small. Let ¢, denote the last
time that the values for C,, Cy, and C, were computed,
and let ¢ denote the current time. When t,, becomes
small (e.g., 2 sec), the desired acceleration is computed
by

a=Co+C (1=t J+ Colt 1 - (10)

Computing Transfer Time

The acceleration profile is valid for any selected trans-
fer time, #,,. Here, we select 44, such that the vertical
component of the acceleration profile is a linear func-
tion of time. Then we can write,

a, =Cy+City,, (1)
1
v, =v, +Cot,, +—£C1t;0, (12)
12 1.5
7, =r+v, +-2-Cotgo +gCltgo , (13)

which are three equations for the three unknowns C,
Cy, and £,,. Solving for £, we find that if g, is not zero,

2
tgo=2v,+vo+\/(2v,+voJ +6(r0—r,). (14)
a a
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If a;,= 0 (constant vertical velocity), the solution for 7,
is

_ 3(": _"0)
£y +2v, (s)

Guidance Targets

The lander can be made to follow a general trajectory
shape by flying to one or more intermediate targets or
waypoints. Currently, we use one intermediate way-
point resulting in the following two trajectory seg-
ments: the approach phase, in which the lander flies to a
point directly above landing site, and the vertical phase,
in which the lander descends with constant acceleration
to the landing site. This trajectory requires one set of
targets for the end of the approach phase, and second
set for the end of the vertical phase.

The vertical component of velocity required at the
beginning of the vertical phase (end of approach phase)
is computed from kinematics. Horizontal components
of velocity and acceleration are zero to make the
vehicle land in an erect attitude. Therefore, given the
constant vertical acceleration during the vertical phase,
a,, the touchdown velocity, v, the height of the vertical
phase, A, and the horizontal landing coordinates, y, z,
the approach phase targets are

F=ln y 2]
§,=[—,/v,§+2avh 0 o}, (16)
a =[a, 0 0]

and the vertical phase targets are

F=lo » 2]
{;l=[vtd 0 0]’ (17)
a =[a, 0 0]

Parachute Release Command

To determine when to begin powered descent, the guid-
ance system computes the desired thrust acceleration
vector during parachute flight assuming that powered
descent is to begin at the current instant. The desired
thrust magnitude is then computed using the desired
thrust acceleration and the mass of the lander. If the
desired thrust magnitude exceeds a certain value (e.g.,
90 percent of maximum available thrust), the powered
descent phase is initiated. Otherwise, parachute flight
continues. The process is repeated each guidance cycle
until powered flight is initiated. With this logic, pow-
ered descent will begin at as low an altitude as possible
for the available thrust, thereby minimizing terminal
descent propellant use. This, in addition to the con-
straint of linear vertical acceleration, also ensures that
the lander’s trajectory monotonically decreases in alti-



tude and does not pass through the ground to reach the
target conditions.

Landing Area Predictor

The first step in determining the available landing area
is to define the nominal landing point. In order to do
this, we make the horizontal components of the accel-
eration profile linear functions of time instead of quad-
ratic functions of time. le., set C; =0 and use equa-
tions (1), (2), and (3) to solve for the target position , at
time f,. This gives

1 1 2
r, _—.—ga,t;o+[§vo+§v,)tgo+ro. (18)

Since the target horizontal velocity and acceleration are
zero, the horizontal components of the nominal landing
point are computed from

r=r, +%votgo. (19)

Given a target landing site, the ideal change in velocity,
AV, required to reach that site is

AV = [AVZ+AVE+AVE (20)

where
AV, =v, —v, +8gt,,

AV, = ~Vo, +2v.y , 21)

AV, = v, +2v,

and the subscript x denotes the vertical direction and
subscripts y and z denote the horizontal directions.

If the ideal AV is known, the propellant required can be
computed using the rocket equation

My = =& Vs | @2)
Therefore, to determine the available landing area, we
do a search of landing sites around the nominal site to
find the ellipse that fits within the available amount of
propellant. Before we can do this, we need to deter-
mine the values for velocity extreme points, vs, in equa-
tions (21).

We know our horizontal velocity profile is given by
equation (2), and its derivative, the acceleration, from
equation (1). We let a(¥) =0, and solve for the times
where velocity extreme points occur (making use of

equations (7), (8), and (9)). We find zeros at 7, (as ex-
pected) and

t = tLo vOtgo - 2(rt _rO) . (23)
2 Vol go —3(r, —ro)

If 0 <t <t,, then the vehicle will go through this ve-
locity extreme point. The velocity at the extreme point
is given by evaluating (2) at time #,

1

v =Ctu b G +%C2t.3 rv,. 24)

If t« <0 or t+ > £,,, we set v+ = 0 in equations (21) as ap-
propriate.

Attitude Command and Control Algorithms

The attitude commander generates the attitude com-
mand profile for the lander. The controller commands
the thrusters and descent engines to follow the com-
manded attitude profile and guidance-derived accelera-
tion command at a desired control cycle frequency, cur-
rently determined to be 10 Hz.

Base Attitude Generation

The attitude command is a function primarily of the ac-
celeration commanded by the trajectory guidance algo-
rithm. Trajectory guidance provides an acceleration
command in surface relative coordinates. The com-
mand is compensated for the Martian gravity and trans-
formed into inertial coordinates before the attitude
commander uses it. The desired attitude of the lander
must be such that the descent engine thrust direction is
aligned with the guidance acceleration command in in-
ertial coordinates. This defines the primary pointing
constraint enforced by the attitude commander function.
This fixes two of the three pointing degrees of freedom.
Currently there is no preferred roll orientation for the
Mars lander. For this reason we have fixed the roll ori-
entation at the initial value. This limits the roll motion
around the engine thrust direction. Let a; (#) be the total
desired linear acceleration in inertial coordinates, p, be
the primary thrust direction in lander coordinates, s, be
any vector orthogonal to p,. In order to fix the roll ori-
entation we define a fixed inertial vector s; as the iner-
tial pointing direction of s, at the start of powered
phase,

s, = 2.00)2s5,049,(0), (25)

where g, (0) is the conjugate of ¢.(0), the lander esti-
mated attitude at start, and ® implies a quaternion mul-
tiplication. The desired attitude g, satisfies the follow-
ing two pointing constraints:



Unit(a,) = q,®p,®q,, (26)

5, 7q,8s5,8q,. @7
The first is the primary pointing constraint and (27) is
the secondary pointing constraint. The latter can not be
satisfied exactly, in general. Other preferred roll orien-
tations can be enforced simply by choosing an appro-
priate constraint (27). The desired attitude derivation
based on a primary-secondary pointing construct is very
similar to the one used in the Cassini Attitude and Ar-
ticulation Control System®. In the sequel we shall refer
to the desired attitude as the lander base attitude. The
desired base angular rate is derived from the base atti-
tude.

Attitude Profiling

Once the base attitude of the lander has been computed,
the next step is to smoothly bridge the gap between the
current attitude and rate and the desired attitude. This
is referred to here as the attitude profiling. The intent is
to effect a change in lander attitude in a smooth fashion,
by commanding an attitude profile, which does not ex-
ceed specified rate and acceleration limits. The attitude
profiles are defined relative to the lander base attitude.
The expectation is that once the initial offset between
the base attitude and lander initial attitude has been re-
moved, the smoothness of the guidance acceleration
command will require no more profiling except possi-
bly at the start of the vertical phase. The initial offset in
attitude and rate is removed in two steps: a rate match-
ing phase, where the idea is to null the base attitude-
relative angular rate, and a position matching phase,
which removes the total position offset. At the end of
the position matching phase the vehicle attitude com-
mand is exactly aligned with the desired or the base at-
titude. The lander has large angular acceleration capa-
bility about any axis orthogonal to the roll axis. There-
fore the offset removal lasts for a very short time. The
guidance acceleration command is expected to meet
certain smoothness conditions. This is not really a con-
straint on the trajectory guidance function. The attitude
commander simply invokes attitude profiling when cer-
tain “smoothness” conditions are violated.

Controller and Thruster Selection Logic

Following the processing of the trajectory guidance and
attitude commander functions, we have a desired total
vehicle acceleration in inertial coordinates and a com-
manded vehicle attitude (inertial-relative) and angular
rate. The controller uses these commands to construct a
required force f; and a torque 7; on the lander. The de-
sired force computation is straightforward. The desired
force in inertial coordinates is simply the guidance-
commanded inertial acceleration times an estimate of

the lander mass. The inertial force, transformed to the
lander body coordinates through the lander attitude es-
timate, becomes the desired force command, i.e.

fi = 4.©9(M q,)®gq,. (28)
Note that at the base attitude the force command is en-
tirely along the descent engine thrust direction. The de-
sired torque computation is based on a simple propor-
tional-derivative control logic where commands are

compared with the estimates, error are mixed through
appropriate gains to form the desired torque signal, i.e.

n = k{9,909, } Tk {o-0) (29

Here, as usual in attitude control applications, care is
exercised in normalizing the quaternion error (the first
term) and only the vector part of it is used. The coeffi-
cients (the P-D gains) are in general constant, 3x3 di-
agonal matrices. Care is also exercised in limiting the
attitude and rate control errors appropriately before
combining them (29).

We have found enforcement of zero attitude control
deadband to provide better overall performance. There-
fore the controller is constantly trying to maintain near-
zero attitude and rate control errors.

The controller-computed desired force and torque
commands (both in lander coordinates) are subse-
quently fed to the thruster selection logic. The force ac-
tuators on the lander are made up of smaller on-off,
pulse-width modulated thrusters (8 in the current base-
line) and large, throttleable descent engines (6 in the
present baseline). The thrusters, which are also used
during the guided entry phase, provide, primarily, the
roll control. The descent engines provide almost all of
the needed force and, by virtue of differential throttling,
the torques about axes orthogonal to the roll axis. The
on-off thrusters are commanded by specifying an ap-
propriate on-time duration lasting between 0 and
100 milliseconds. The descent engines are commanded
by specifying an appropriate throttle setting between
20% and 100%. The minimum command-able throttle
setting in the current baseline is 20% until the engines
are cut-off a few meters above the surface. A single
logic drives the entire propulsion subsystem by issuing
appropriate thruster on-off commands and descent en-
gine throttle settings. The mathematical formulation
treats both types of force devices using an equivalent
framework where the descent engines are also treated as
on-off “thrusters”. A nonlinear programming logic
computes the desired on-time durations of all devices



such that a weighted combination of force-impulses,
force and torque errors (these are the difference be-
tween the achievable and the commanded) is mini-
mized. Constraints are imposed on the solution. The
constraints are in the form of lower and upper bounds.
For thrusters the bounds are simply [0, 0.1] seconds.
For descent engines they are [0.02, 0.1] seconds. Note
the equivalence — the minimum throttle setting of 20%
is equivalent to an on-time duration of 0.02 seconds
during a 0.1 second cycle. The upper bound of 0.1 sec-
onds implies engines operating at 100% throttle during
the entire 0.1 second interval. The logic exits after a
fixed number of iterations. Iterations on the order of 10
or so are found to be adequate for our purposes. The
solution is in the form of on-time durations. The
equivalent on-time solutions for the descent engines are
converted into desired throttle settings before transmit-
ting to the propulsion sub-system.

Simulation Results

The results from a nonlinear simulation of the lander
guidance, navigation, and control system functioning in
the Martian environment are presented next. Lander
mass and moments of inertia at the start of the powered
descent phase are 1521 kg, and {963, 1170, 1382} kg-
m’. There are 8 thrusters, each capable of producing 67
N of steady-state thrust. The six descent engines dis-
tributed on a circular ring of approximately 1m radius
deliver 3047 N (each) thrust at 100% throttle. For the
purposes of applying aerodynamic forces and torques
on the vehicle, a cylindrical shape 1.1 m in height and
4.0 m in diameter is assumed. Coefficient of drag is 2.0
and a constant, surface-relative head wind (blowing
from right to left in Figure 3) of 20 m/s is assumed. In
the surface-fixed coordinate frame, the lander is ini-
tially 200 m behind and 500 m above the targeted land-
ing site, moving with a velocity of 20 m/s towards the
target while descending at 30 m/s. The vertical phase
begins 5 meters above the surface and has a constant
descent rate of 1 m/s. A target re-designation occurs at
6 seconds into the powered phase. It moves the desired
touchdown location 100 m closer to the lander in the
flight plane.

Motions in this case are for the most part confined to
the initial flight plane. The required attitude motions
are either a pitch-up or pitch-down in this plane. The
vehicle motion can therefore be depicted as a box,
whose center moves as the lander center of mass in the
flight plane (local vertical-local horizontal) and whose
orientation is consistent with the lander pitch attitude.
The motion of the lander (depicted as an over-sized
box) at 0.5 second intervals is shown in the surface-
fixed local vertical (y-axis) — local horizontal (x-axis)
plane in Figure 3. Flight lasts for 24.5 seconds and re-
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Figure 3. Powered descent with 100 m divert to
new target at 18.5 sec to touchdown

quires 97.3 kg of fuel. The numbers shown to the right
of every other box is the time to go until landing. The
initial landing site is located at the origin, the (0, 0)
point. The re-designation at 6 seconds into the flight, at
a height of approximately 300 meters, places it at
(-100, 0) meters. The ensuing pitch-up and pitch rever-
sal later on are clearly evident. The last 10 seconds of
the flight are magnified in the inset.

The desired thruster commanded on-time durations (on
the left) and descent engine throttle settings (right) are
shown in Figure 4. Note the guidance-commanded en-
gine cut-off near the end after which the commanded
throttle level falls to zero. Throttle transients in the
neighborhood of 6 seconds are the result of re-
designation. Maximum commanded throttle level in
this case was less than 70%. The first four (left)
thruster on-time durations belong to the thrusters used
for roll control. Although no such restriction was im-
posed in the thruster selection logic, they are the only
ones exercised in this simulation.

During the descent simulation, the laser radar terrain
sensor field-of-view coverage was analyzed as a func-
tion of time. The field-of-view shrank rapidly during
the short 0.5 minute terminal descent, which limits the
ability to perform more extensive hazard survey and
new target selection. The percent time of target site
tracking during terminal descent has also been ana-
lyzed. It was shown that the terrain sensor could lose
track 35% of the time during descent if the sensor was
either not aided by an external mirror to increase the ef-
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Figure 4. Commanded Thrust and Throttle Profiles

fective field of view or such mirror would have only
very limited gimbal range.

A preliminary assessment has also been done to predict
the lander dynamics in 6 degrees-of-freedom while it
was on the parachute, and its effect on the terrain sensor
field-of-view motion. Such a study also necessitated a
preliminary parachute model during descent with as-
sumed Mars environment parameters.

Summary and Conclusions

A guidance and control design for automated hazard
avoidance and safe landing on Mars has been formu-
lated. The design consists of onboard capabilities for

the terminal descent phase that begins when the para-
chute is deployed and ends at lander touchdown on the
surface.

The powered descent guidance algorithm solves a two-
point boundary value problem to guide the vehicle from
its current state to the desired target state. In solving
the boundary value problem, we obtain an estimate of
the lander’s future position, velocity, and acceleration.
We use the acceleration profile to command thrust and
attitude. We use the velocity profile to predict propel-
lant consumption. The acceleration profile is linear in
the vertical channel, and quadratic in the horizontal
channels. If the landing coordinates are not specified,



we can make the acceleration profile linear in all chan-
nels. We can satisfy future additional constraints by in-
creasing the order of the polynomial representing the
acceleration profile.

An attitude commander takes the commanded accelera-
tion vector generated by the guidance algorithm and
computes attitude and attitude rate commands. The
attitude controller then takes these commands and
determines an optimum combination of thruster on-off
times and throttle settings to achieve the desired com-

mands.
Prototype algorithms are being developed and tested in

an integrated 6-DOF simulation in assumed Mars envi-
ronments. Computer simulations have demonstrated
the performance of the various G&C algorithms. The
demonstrated capabilities include powered descent pro-
pellant usage, lander divert capability of at least 100 m
from initial landing target, and various descents with
different initial altitudes and distances behind the des-
ignated landing sites. The results have demonstrated
that the formulated algorithms can provide adequate
hazard avoidance and safe landing of the vehicle on
Mars under the assumed Mars atmospheric environ-
ment.
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